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TWO-DIMENSIOW CHORDWISE LOAD DISTRIBUTIONS 

By Walter F. Lindsey and Richard S. Dick 

SUMMARY 

From t e s t s  on the NACA -16-009 airfoil and on eight  s i r f o i h  of the 
XACA 6A ser ies ,   resu l t s  are presented  to  ehow that €he  chordwise  loading 
due t o  l i f t  at a Mach number of 1.0 is ins igni f icant ly   a f fec ted  by thick- 
ness  distribution  within  the  range of airfoil shapes  presented and only 
s l i g h t l y   a f f e c t e d  by thickness. In  addition, a method of estfmatfng  the 
pressure  distributions for lifting symmetrical a i r f o i l s  a t  a Mach number 
of 1.0 which seem  appl icable  t o  pmf'Lle8 of the  type  considered  herein 
is presented. The p o s s i b i l i t y  is indicated that the   e f fec ts  of camber, 
thiclmess, and angle of a t t a c k  may be treated separately at a Mach number 
of 1.0 as they are at low subsonic Mach numbers and a t  s upersonic Mach 
numberi. 

The chordwise loadings on a i r f o i l s  in incmpressible  two-dimensional 
flaw can be predicted by ava i lab le   theore t ica l  meam t o  a high  degree of 
accuracy at moderate  angles of a t t ack  and lift coeff icfents  where the 
e f f ec t s  .of viscos i ty  are small (references l.and 2). The changes i n  
loading due t o  the ef fec te  of compressibility  can be estimated by simple 
velocity-correction  formulas  such as those  derived in papera by Frandt l  
and Glauert, I&m&n and Tsien, ICaplan and Garrick, and others.  Generally, 
aa a r e s u l t  of assumptions used in  the  derivations, the velocity-correction 
formulaa are limited in   app l i ca t ion  to purely subsonic   or   subcri t ical  
flow. Comparisons a t  subcr f t ica lhhch   nmbers  between experfmeatally 
determined  loadings and the   loadbgs  derived theore t ica l ly ,  with the 
ef fec t  of compressibility  est'imated by velocity-correction formulas, show 

.I 

. .  . agreement  within  sufficient  accuracy for usual engineering  purpoees. 

A t  supe rc r i t i ca l   o r  law transonic Mach nmbers,  the occurrence of 
both  subsonic  and  supersonic  regions of flow, together w i t h  shocks and 
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flow separation, has se r ious ly   hanApped   t heo re t i ca l   t r ea tmen t  of the 
problem; ae a consequence, experimental  lnvestigatione have been r e l i ed  
upon as the main source- of -Worm&ion. These inveeti@tIona,  in gen- 
e r a l ,  have been  limited  to Mach  numbere of l ee s  than 0.9 because of ueual 
wind-tunnel l imitations.  The recent  use  of  .revised equipment and t e s t  
techniques,  such as the annular transonic tunnel  (reference 3) and the. 
adoption of the open-throat  testing  techniqw  (reference 4),  have per- 
mitted data t o  be obtained at Mach  nrrmbere approaching 1.0. 

The  purpose of the  present  paper ia t r d f a c u e s  two-dimemional 
loadfnge at Mach numbers beLween 0.8 and 1.0 obtained from pressure- 
d i s t r ibu t ion  measurements i n  the  Langley 4- by 19-inch eemiopen tunnel. 
The basic-airfoil-profile  var. iables  that-  are considered in  the diacuss ion 
are thickness,   thickness  diatribution, and camber. 
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s e c t i o n   l i e c o e f f i c i e n t -  

sect ion pitching-moment coefficient  about  quarter-chord 
axis 

a pro f i l e  shape  factor 

a n .  exponent 

P for lower surfbce minus P -  fo r  upper surface at a 
given  chordwise s t a t i o n  

free-stream dynamic pressure 

airfoil maximum thicknees 

incremental  value 

angle of supemonic flow expaneion 
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Subscripts : 

t 

=X 

thickness a t  any  chordwise  station. 

maximum value 

The tests were conducted in the Langley 4- by 19-inch  semiopen 
tunnel  (f ig.  l), which is an induction  tunnel  homed  within an enclosure 
t o  minimize  condensation  problem.  (Enclosure  diecuesed  in  reference 5.  ) 
The 4-inch  dimension of the tunnel is formed by two parallel steel  platea,  
whereas the 19-inch-dimena  ion is the dimension o f  the open jet, the top 
and bottan chambers of which are connected  by a duct.   Velocity  dietri-  
butions in the test region  obtained from stat ic-pressure measurements 
at the tunnel w a l l s  are shown in figure 2. Figure 2(a)  shows that   the  
ve loc i t ies  along the. longitudinal axis a t  the model location are within 
fl percent   for  stream Mach numbera around 0.8. For stream Mach numbers 
near 1.0, the  veloci t ies  are within f2 percent. The velocity  gradient6 
along the normal-to-chord axis ( f ig .  2 (b) ) are emaller. 

Each a i r f o i l  completely  apenned the t e e t   s e c t i o n  along the &inch 
dime& ion of the tunnel and w a s  aupported by laxge c i r cu la r  end pla tes  
which fi t ted i n t o  the tunnel w a l b  and rotated with the model to r e t a i n  
cont inui ty  of the surfaces of the tunnel w a l l e .  The juncture between 
a i r f o i l  and tunnel w a l l  w a a  sealed. 

The investigation'  included  schlieren  photographe .of the flow and 
s ta t ic-pressure-dis t r ibut ion measurements on the a i r f o i l s .  Approximately 
40 stat ic-pressure  or i f icee w e r e  installed i n  two rows 0.25 inch on 
either E ide of the   center  l ine  of the modela. Teet runs were made at 
constant  angles  of attack through a Mach number range. The stream Mach 
number w a s  control led by regulat ing the mass flow through the tunnel 
by using a sonic-throat  device, desigqated "choker" i n  figure 1, located 
damstream of the t e s t   s ec t ion .  

Variations i n  a i r f o i l  ,thicmess were investigated by using the 
WCA 6bA-series prof i le ,  v&ryirig in thicheis  from 4 t o  12 percent of 
chord  (fig.   3(a)).   Effect8 of thickness   dis t r ibut ion w e r e  investigated 
by tests on the NACA 6A- and  16-aeries  profiles having a constant  thick- 
ness  of 9 percent (fig. 3 ( b ) ) .  The extent  of the inveetigation on camber 
was l imi t ed   t o  tests on 6-percent-thick a i r f o l b  of the NACA &A se r i ee  
varying in camber frm zero t.0 a deeign l i f t  coeff ic ient   of  0.5 
( f ig .   3 (c) ) .  The test Reynolds nmber of these &-inch-chord  aJrfoila 
a t  a Mach number of 1.0 was 1.6 X 10 . 6 

.I 
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The t e a t  data indicated  by  the  scatter of test points the;t the 
e r r o r  in  lfft .coeff ic ient  W ~ E  within kO.007. In a similar comparison, 
the maximum e r r o r  in presswe  coeff ic ient  w a s  approximately kO.005. 

Data obtained . i n  the semiopen t ea t   s ec t ion  are subject- to  jet=-- 
boundary correctiona  (reference 6 ) .  The theoretical   corrections  (refer- 
ence 6 )  for the data cz , P, and M .presented herein are   .negl igible  a t  
Mach  numhera around 0.8. A t  Mach numbers near 1.0 the corrections  are 
indeterminate, e ince  -they  include I - M2 te%. The. only available 
means of determining the v a l i d i t y   o f .  the data a t  sonic  velocit ies is by. 
direct-comparisons  oMhese data with data obtained from o the r   f ac i l i t i ee ,  
o r  by d i f fe ren t  %echniques. 

. .  

Pressure-diatribution meaeurements .on two models tes ted   in   the  
annular transonic  tunnel  (reference 3) and in   the  4- by  19-inch tunnel LI 

are  compared i n  figure-4. Data fo r  the NACA 65-110 a i r f o i l  from unpub- 
l ished flight tests of the X-1 airplane, in which meesurementa of the 
preeaure  distribution  along  the midsemispan of the wing w e r e  made, are 
presented in figure 4 ( a ) .  The comparison of the data i n  f igure k ( a )  
shows very God  correlat ion between the 4- by  lg-inch  tunnel data and 
f l i g h t  results. In a comparhon of data obtained f r o m  the annular tran- 
sonic and 4- by lg-inch  tunnels on a symmetrical-wedge a i r f o i l  at a 
Mach numkr of 1.0 & . z e r o  l i f t  coeff ic ient   . ( f ig .   4(b)) ,  good agreement 
wae obtained  not  only between the two facili-blea,  but-ale0 between the 
two sets  of  experimental   result8 and 'the theore t ica l   resu l t s  of  refer- 
ence 7. The good correlatwn  of  these  pressure  dbtributions in fig- - 
me8 4(a) and 4(b)  Indicate6 that the data obtained from the 4- by lg-inch 
semiopen tunnel a t  a Mach number .of 1.0 are representative  of  the flows 
obtained in  free air. 

%- 

- 
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RESTJLTS AND DISCUSSION+ 

Experimental Loading on Symmetrical Ai r fo i l s  

Effect of thickness. - The e f f e c t  o f  . th iCbs~ on t h e  flow past air- 
foils a t  a l i f t  coef f ic ienmf   0 .2 .and  airMach numbem between 0.8 and 
1.0 ie ehown by the  schl ieren photugraphs i n  figure 5. A t  a Mach  number 
of 0.82, figure 5(a) shows tha t   the  shock is more rearwardly  located on 
the upper  eurface o f .  the  thicker  profile  than on the  thinner profile. 
The rearward location of the shock and the . l a r g e  curdature of the air- 
foil produce higher  local Mach numbers in   f ron t  of the  shock and, con- 
sequently, a stronger  shock as is evidences by the appearance of  the 

c 
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shock  and the -flow separation that occurs  near  the  foot of the  shock on 
the  thick  profile.  Increasing  the Mach  number t o  0.91 (fig. 5(b))  causes 
the  shocks t o  move t o  approximately  the same chordwise  locationbon  the 
upper. surfaces of the two profiles.  On the thin body there is a small 
amount of separation, whereas on the thick body the  vertical   extent of 
separation &E .quite  large. The lower-aurface sh0c.k  on the  12-percent- 
thick body is located more realwardly  than is the  upper-surface  shock. 
These shock  locations on the 12-percent-thick  profile are expected t o  
produce downloads 0: the a i r fo i l   i n   t he   v i c in i ty  of the t r a i l i n g  edge. 
Further increase fn Mach number t o  1.0 (fig.  5 (c)  came6 the shocks to 
move to   t he   t r a i l i ng  edge and eliminates shock-induced separation. . Fig- 
ure 5 has, in  general,  sham tht  pressure dfsCQntinUitieS resul t ing frolq.. 
shocks on the   a i r fo i le  are eliminated around a -Mach  number of 1.0 became 
the shocks  have moved back t o  or paat the  t ra i l ing edge. 

The measked  chordwise loadinga on symmetrical a i r fo i l e  are pre- 
sented 88 the  difference  -in  pressure  coefficients between the lower  and 
upper surfaces at given  chordwise stations  divided by thesec t ion  lift 
coefficient AP/cz. This form of loading  factor minimizes the effects 
of changes i n  lift coefficient and permits comgarisons t o  be made of 
loadings -a t  differeFt lift coef f icknts .  The effects  of thickness on 
the measured chordwise  loadings are shown i n  figure 6 fo r  NACA 64B-series 
a i r fo i l s  having  thiclmesses of 4-, 6-,-9-, and l2qe rcen t  chord at various 
Mach nmbers. A t  a Mach  number of 0.81, the 9- and E-percent-thick 
profiles show some evidence of shock on the loading  around the 60-percent- 
chord station. When the Mach  number is increased t o  0.91, a large reverse 
loading  occuq on the  12-percent-thick airfoil between the 50- and ' 

80-percent-chord stations;  th-is  loading is a t t r ibu tab le   to  flow separation 
and a mor6 rearward location of the 1ower-surfa;ce shock, 88 w a s  seen in  . 

the flow photograph (f ig .  5(b)) .  A t  th ia  Mach nmber  the  thinner  pro- 
files of 4 and 6 percent  thickness also show shock effecte on the  loading. 
AE the Mach  number is increased t o  0.97, the  shocks move toward the 
t r a i l i ng  edge Bnd the acccmpanying separation  observed i n  flow dtudies 
produced reversals of loading  for  the 9- and 12-percent-thick  profiles. 
A t  a Mach  number of 1.0, no pronounced  shock effects  on the  loadinge are 
present and the  results  indicate that thicwesa has only a amall   effect  
on loading. A careful  examination  indicates that the loading becomes 
somewhat larger a t  the leading edge and smaller at the  t raf l ing edge-with . 
increase i n  thickness. Theae changes with  thickness, however, are small. 

. -  

Effect  .of  thickness  distribution. - Variations  in  thickness  diatri- 
butfons are represented by 9-percerit-thick  airfoils of the NACA 6 9 ,  
&A, 65A, and 16 series. These airfoil-8 have t h e i r  maximum thiclmeases 

The effects  of thickness  dfstrfbution on the flow past a i r f o i l s  a t  Mach 
nmbers between 0.8 and, 1.0 and lift coefficients around 0.17 are shown 
by the  schlieren photographe i n  figure 7. A t  a Mach  number of 0.82, 

i located a t  the 36-, -39-, 42-, aad 50-percent-chord stations,  respectively. 
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figure 7(a) shows t ha t  moderately  strong shoche are  occurring around the 
60-percent-chord s t a t ion  on the NACA &-series a i r fo i l s .  The shock is 
located slightly more rearward on tb-6%-ser1ea  e i r foi l   than on the 
63A-series a i r f o i l .  On the RACA 16-eeries airfoil, near  the 40-percent- 
chord  'etation, a weak shock  occurs which does not  contribute  tx-flau 
s e p r a t  ion. 

A t  a Mach number of 0.92, shown in  figure  7(b),  the  upper-surface 
ehocka on a l l  the   a i r fo i l s   a r e  accompmied by flow separation and the 
lower-surface  shocks are  generally  rearward  opthe  upper-surface  shocks. 
The rearward displacement  of  the  lober-surface shocke for   these   a i r fo i l s  
i n  combination with  the flow separation on the upper surface  contributes 
t o  negative  loadings near the   t ra i l ing  edge, as was observed f o r  the 
U-percent=thick  airfoils (figs. 5(b) 8nd 6). Furt-her  examination o f  . 
figure 7(b) ehms  that  the 'chordwise extent  of the reversals may be 
expected (at M = 0.92) t o  be somewhat larger on the  &-series airfoils 
than on the 16 series,   eince  the shocks on upper and lower surfaces of  

. the 16-series  airfoil   are  located much  more c lose ly   to   the   t ra i l ing  edge. 
A t  a Mach  number of  1.0, figure 7(c) shows that the shocks have moved 
back t o  or off  the   t ra i l ing  edges of  t he   a i r fo i l s ,  as was observed fo r  
the  airfoFle of various thickneeaes  (fig. 5 ) .  

The chordwise  1oadingELfhIrLhese prof i les  at the  varioua Mach numbers 
are shown i n  fig-8. A t  a Mach  number of 0.82, lift coefficient 
approximately 0.23, the  load  distributions along the chord of the W A  
&series a i r fo i l s  are quite. similar. The three a i r f o i h  exhibit  a rapid 
decrease i n  load between the 50- and 60-percent-chord stations  corre- 
sponding t o  the location of the  moderately  strong shoclre ehown in fig- 
ure 7(a ) .  On the 16-series  airfoil ,  no effecta of  the weak shock (shown 
i n  fig. 7 ( a ) )  are indicated in  the load  distribution. The reverse 
loading  observed near the   t ra i l ing  edge on the 16-ser1ea profile at Mach 
number of 0.82 ia  a r e su l t  of a forward Location of the maximum velo t i ty  
on the upper eurface and a rearward  location  of maximum veiocity on the 
lower surface. (These are comparable with  upper-surface-8hock and lower- 
surface- d i s  turbance pos i t i o m  in  fig.  7 (a). ) 

When the Mach number is increased t o  0.92 (fig.  8), the load  distri-  
butions f o r  the NACA &series a i rPoi l s  are s t i l l  s imilar  and exhibit  a 
rapid  decrease i n  load  near  the 50-percent-chord s ta t ion,  followed  by a 
aecond rapid  decrease around the  70-percent-chord  station. The first 
decrease -in load is a t t r ibu ted   t o  effects of flow separation on the 
upper surface, whereas the second rapid  decrease which produces a large 
negative load near the   t ra i l ing  edge is a resulfro-f' the rearward  location 
of the lower-surface  shock.  Similar  effects are noted i n  the  loading 
for the . l6-eeries  airfoil ;  however, the magnitude of the changes is 
smaller, primarily as a resu l t  of the  decrea8ed chordwise extent-of 
influence of these  effects as w a s  anticipated from examination of the 
flow photographs in  f igure 7(b). 
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A t  a Mach nmber  .of 0.97 (f ig .  8 ) ,  the  loadings  for  the var iow air- , 

fo i l s  are approximately the same except  behind  the  90-percent-chord 
s ta t ion .  A t  a Mach number of 1.0, there are no systematic  variations 
in   loading  with  thickness   dis t r ibut ion and the  differences between the 
loadings are small. It appears,   therefore,   that  a general loading curve 
f o r  Mach nmber  1.0 could- be derived from the  loadings  presented and 
that  loading would, t o  a first approximation, be independent  of  thick- 
ne88  and less dependent on thickness   dis t r ibut ion wFthin the  range of 
variables and conditione  presented. 

A general  loading a t  a Mach nmber of 1.0, derived from an  average 
of the  symmetrical-airfoil lciadinge of figures 6 and 8, ie Shawn i n  . 

figure 9. In  addition  to  the  average  1oading.obtalned a t  lift coef- 
f i c i en t s  around 0.2, data on various  prof i les  are included in figure 9 
f o r  lift coeff ic ients  between 0.52 and 0.68. Within  the  general  spread 
of the t e s t  data, the  average  loading curve appears t o  be appl icable   for  
these  higher- let coeff ic ients .  

Method o r  Estimating Pressure Distr ibut ion 

The general i ty  of the result obtained  for  angle-of-attack  loading 
suggests   the  possibi l i ty  of a semiempirical method for   p red ic t ing  
symmetrical-airfoil   pressure  distributiona a t  sonic  speed. In  euch a 
method the  l i f t i f ig   pressures ,  which are considered  independent of pro- 
f i le shape, would be  divided  evenly between  upper  and lower surfaces 
and  added t o  the   zero- l i f t   p ressure   d ie t r ibu t ion   in  a manner analogoue 
t o  the incompressible  case. The  f irst  step in  such a procedure, however, 
requires a howledge  of  the  disstribution  of  pressures along the  chord 
for  the  no-lif t   or  zero-angle-of-attack  case.  Methods of  approach  for 
the  zero-angle-of-attack  deteminatfon  of  the  pressure  distributions 
are: the  continuation of the law-speed extrapolation methods t o  a Mach 
number of 1.0, a special   determination of the flow conditions a t  Mach 
number 1.0,  and a downward extrapolation  with Mach nmber  of the distri- 
butions  that  would be expected a t  a aupersonfc speed. 

Low-speedt methods. - Varioue metho&  have been  proposed whereby 
press.ure  distributions at Mach numbers somewhat i n  excesa of t h e   c r i t i c a l  
Mach number m i g k t  be predicted  (reference8 8, 9, and IO). A t  a Mach 
number of 0.8 (0.2 above cr i t i ca l )   the   p ressure   db t r ibu t ions   p red ic ted  
by these methods diverge  widely from experiment, &a ' i l l u s t r a t e d  by f ig-  
ure 10, f o r  an a i r f o i l  similar to   those  tested i n  the  preaent  inveeti- 
gation. These metho&. can be coneidered as an application  of  velocity- 
correction  formulas  involving 1 - $ t e rn .  ~e a consequence, they 

' become indeterminate as the Mach nmber  approaches 1.0 and, therefore,  
none of these methods are applicable  to  the.problem  of  determining  the 
flow a t  sonic stream velocity.  

.. 
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Sonic-speed  methods.- The theoretical  determination of the pressure 
d b t r i b u t i o n  on nonli f t ing symmetrical prof i les  at- aonic speed is an 
involved mathematical problem. Solution6 have been  given by Guderky 
and  Yoshihara  (references 7 and 11) fbr two special   prof i les ,  a wedge 
and a cwp-shaped  profile. - The theoretical  eolution  for  the-wedge  pro- - 

fi lea-tzero l i f t  is in  excellent agreement w i t h  experimental data (f ig-  
ure  k(b)).  The method i n  its presentform, however, b quite  complicated 
and fur ther  development of the IAeory is re'quired before it can be 
applied t o  .rowid-edge prof i les .  l?or engineering  purposee a simplified 
method is needed. 

.. - 
.. . - -  

The  . t ransonic  similari ty l a w s  have. been presented by von dm& . .  

f o r  use In extrapolating force and preesure data with Mach number and 
with  thickness in the  sonic epeed range (reference E; a l s o ,  see refer- 
, ence 13). A t  a given Mach number, f o r  example, the  preesure-coefficient - 

Is proportional t o  thickness-chord  ratio t o  the 2/3 power. !Fhe ef fec t  
of  thicknee6 on experimental  pressure  coefficients at the maximum- 
thiclmess  location for.NACA &A-series a i r f o i l s  (cz = 0, M = 1.0) fa 
compared Fn figure 11 with the change predicted by the transonic simi- 
l a r i t y  l a w .  The comparison ehows that the  predicted-values  are i n  fair 
agreement  with  experiment.  ---The  difference Fn elopes of the two results - 
indicate6  that  closer correlation  can be obtained by empirically  changing 
the exponent In the   t ransonic   s imilar i ty  l a w .  

" 

The general   appl icabi l i ty   of   the   t ramonic  s imilar iky l a w  t o  the 
prediction  of  preseure.  coefficients a t  chordwise s t a t i o n s  other than the 
maximum-thicknesB location  can Be approximated  by  inspection of the 
pressure  dis t r ibut ions  for  NACA &A-series a i r f o i l s  at cz = 0 in  fig- 
ure 12. The pressure  dietributlons af f igure 12 indicate a progreeeive 
change in pressure  coefficknt  with  thickness-  for  etatiom between the 
30- and 6 0 - p e r c e n t - c ~ r d ~ ~ ~ o c a t i o n s .  The apeement shown i n  figure 11 
for   t he  39-percen-Gchord 1.ocation.  thus .may be considered  representative 
f o r  all positions between 30- and 60-perceni~ihord  stations.   For  atatiom 
near  the  leading o r  t r a i l i n g  edges, however, experimental  pressure  diatri- 
butions show by the nonuniform variation  of  pre8sure  coefficient  with 
thiclmess that the  transonic e lmilarity l a w  would not be applicable. The 
t ramonic  similarity law i e  thus of limited appl icabi l i ty .  

" 

. . _. 

. . .  

Supersonic methods. - The empirical method. developed by Rainey (refer- - 

ence 14) may be placed in   the   th i rd   ca tegory  of wing eupreonic  theory. 
The  method wa8 presep-kd t o  be used in the  determination of pressure . 
distribution8  and.  forces -at-  supersonic Mach numbers wherein the leading- 
edge  shock was .detached. The method is ~ t n .  application of l inear ized 
theory and normEbl-shock theory. h e  character is t ic   . resul t  from linear 
theory i~ t ha t  stream veloci ty  P = 0 .Occure local ly-  on the p r o f i b  near 
the  region  where.  the  -surface'  tangent is pa ra l l e l  to free-stream direction. 

. .  - 
4 - " - . .  . .. 
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The test r e su l t s  a t  Mach nmber 1.0, however, show that stream veloci ty  
is encountered a t  a s t a t i o n  well forward of the  predicted  a ta t ion 
( f ig .  .. 12). Linear  theory was therefore  considered  inapplicable. 

Proposed method for  determining  effects of thickness.- The problem 
w&8 s tudied  fur ther  and a scheme fo r  estimating the pressure   d i s t r i -  
bution on symmetrical a i r f o i l s  a t  zero let xaa empirically derived. 
The method requires f a t  the  estimation of the  sonic-point  location. 
In  the  case  of the a i r f o i l s  of the present tests (4- t o  =-percent 
thick) ,   the   sonic   pofnt  was found t o  be displaced  rearward from the  
lead- edge by an amount roughly  equal t o  the maximum thickness 
(4-percent  chord  fdr  4-percent-thick  airfoile  and  12-percent  chord  for 
12-percent- thick  a i r foi ls) .  It is real ized that t h i s  1-0- rule may not 
ho ld   for   o ther   a i r fo i l s   having  w i d e l y  d i f f e ren t  nose shapes. The method 
also required a r e l a t i o n   t o  define the pressure coef f ic ien t  a t  a second 
p o u t  on t he   a i r fo i l   su r f ace .  The r e l a t ion  w88 obtained from the   t ran-  

s o n i c   s i m i h r i t y  law P = k(512'3 at M = 1.0 empfr ical ly   a l tered t o  

pt = -l.52(~)O*~O~ f o r  NACA &-ser ies   a i r fo i l s  a t  the maximum-thickness 

locat  ion. 
C m a x  

The a l t e r ed   s imi l a r i t y  l a w  w a a  used t o  determine for  each of the  
various  profiles a t  the maximum-thickness s t a t ion   t he  local Mach number 
and the correspon'ding Prazfdtl-Meyer flow angle  for  supersonic  expansion V . 
The angle V represents the t o t a l  effective or  resultant  expansion 
between the  sonic   point  and the maximum-thickneas s t a t i o n  on t he  air- 
f o i l .  The next   s tep i n  the  method consisted of determining  the  surface 
slopes of  the  &*foil   profiles from the a i r fo f l   o rd ina te s   fo r   cho rmiee  
s ta t ions  between the sonic  point and the  trailing edge. These surface 
slopes were re fer red   to   the   sonic   po in t  as the Oo datum and were m u l t i -  
p l i ed  by the rat i o  of the  angle V to   the  aurface s lope at  the maximum 
thickness. The adjusted slopes were used i n  combination  with  Prandtl- 
Meyer re l a t ions   fo r  an expanding  supereonic flow t o  compute var ia t ions 
in pressure  coeff ic ient  along t he   a i r fo i l e .  The resul t ing  pressure 
d is t r ibu t ions  were thereby  forced  to  agree with the empirically  determined 
values at the  sonic points and at  the  locat ion of maximum thiclmese. 

Application  of  proposed method.- The e f f e c t  of the adjustment t o  
the  surface slwes is i l l u s t r a t e d  in fimre 13, which shows variationa 
in pressure  coeff ic ient  along the  chord-for t& NACA 64AOOg a i r f o i l  Bet-. 

s t i o n  at 0' angle of a t t ack  and Mach nmber of 1.0. The long- .and short-  
dash  curve shows the  predicted  var ia t ion from the   sonic   point  aesuming 
a pure  supersonic  expansion  along  the  surface'  or full Prandtl-Meyer turns 
occurring  rearward of. the  sonic  point.  The dashed curve shows similar 
expansion fore and aft of the maximmn-thickness Location w h e r e  the  preseure 

I 
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was determined from the  empiricalzy  altered.traneonic  similari ty l aw.  
The s o l i d  curve  'in figure..l3 .is the  estimated rpressure. d is t r ibu t lon  . 

obtained from the alterea .slope$ -which- requIGd agreement- a t  the  sonic .. 

po in tand  a t  the m a x i m u m  thickness. . L t - i a  noted that this   es t imated 
pressure.  distributipn indkates a moSe rapid expaneicrn juet  after the 
sonic  point  than w a s  .obtained experimentally. .- Further, it is found tha t ,  
around the maximumcthickness location, roughly 40-percent-chord etat ion,  
the  experimental  variakion indicates a more rapid  eqansion  than does 
the  estimated  distribution; whereas, near  the  trail ing  edge, the esti-  . 
mated pressure:  coefficienta are more negative  than  those  experienced 
experimentally. These differences may be a t t r ibu te t i   to   severa l  factors. 
O v e r  the forward.part   of  the  airfoil ,   reflect-ions from the  sonic boundary 
back t o  the a i r f o i l  s.urface cause compress.ions and ' resul t   in  a slower 
rate of  expamion of . the   . emr imenta l  flow. The d.isagreement at ' the 
rear par t  o f .  t h e   a l r f o i l  is a t t r ibu tab le   to   v i scous   e f fec ts  which decrease 
the  'effective rate of-ichange. o f s ~ f a ' c e  slope and -at. t h e  e&e t-ime p e p  . 
m i t  the  p r e 8 s . W ~  t o  be prwgated.  upstre&  through  the boundary layer, 

. .  

" 

. . .  - . . .  - 
thereby  influencing  the flow. . .  

The  pressure  dietrfbutfon between the  leading edge and the  eonic 
point is obtained by fa i r ing   the   es t imated   d ie t r ibu t lon   to   the  stagnation- 
press-. coeff;lcient at . the.  zero-percent-chcrrd s ta t ion .  The stagnation- 
pressure  caefficLentlcan be computed and ia .1.276..for M = 1.0. 

. . .  .. 

Comparison. of -experiinental and estimated effects of t-lrickness. - 
Pressure distributiona  estimated  by  the proposed method are shown fo r  
zero l i f t .  aria campared with expej?jmept_al..v@ws- .ip. tbe upper part of 
figure 14 for  the NACA.64A-series.airfoile wrying i n  thickness from 4 
t o  9 percent r  - The symmetrical-airfoil  average  loading  (fig. 9 )  w a s  used 
in  conjunction with the  estimated  zero-1lft:pressure  Bietributions t o  
provide  eettmated  pressure.  distributi-om at-lift coeff ic ients   for  the 
various  airfoils.  I-GWaa assumed- that the angle of a t t ack   o r  lift Loading - 

. . .  . . . .  . . . . .  . .  . .  . . . .  -. 
.. " .  

. . .  
" 

multiplied  by-  desired C l ) -  w&s equal ly   dis t r ibuted between upper . . .  

and lower  surfaces. .It can be seen that the   . ea tha t ed   d i s t r ibu t lon  pro- 

9-percent-thick  airfoils.  For  the  4-percent-thick  airfoil,   the  difference 
i n  moment corresponds t o  less than 5 percent fn center-of-pressure  .loca- l 

t ion.  The comparisons indicate that the  estimated  distributions are . in  
f a f i l y  good agreemenewJth experimental  results. 

vides good correlation for pitchb@;r-moment coef f ic ien ts   for   the  6- and . ,  I 

Proposed method for determining  pressures on a i r f o i l s  of different  " - 

thickness  distributions. - For  the  other series of   a i r fo i l s   there  w a s  insuf- 
f ic ient-data   for   prof i les  of different  thicknesses t o  evaluate  empirically 4 

the- terms k and. n in the   t ransonic   s lmilar i ty   re la t ion P = k(:)ll. 



From the da ta  on the. NACA &A-series a i r f o i b  varying in thickness 
(fig.  ll), it was found that, for,  a given  chordwise s t a t ion  (not.  surface 
slope),  the exponent n w a s '  0.605 2 0;Ow for  a l l  positions between the- 
30- and  60-percent-chord stations. The close  correspondence.of  this 
exponent  with  the  theoretical value of 0.667, together  with  the  constancy 
of t h i s  value for the  &A-series  profiles,  led t o  the  -assmpt$on  that  the 
same.value was applicable fo r  profiles  having  other  thickness  diatributioris 
(fig.. 3 (b) ) . By wing the exponent n as 0.605 and experimentally 
determined .values of the  pressure  coefficient at the maximum-thickness 
locations Pt, the  shape  factor k w a s  found t o  change f r o m  -1.60 for  
mACA 63A009 a i r f o i l  t o  -1.50 for .  NACA 65A009 a i r f o i l ,  and - to  -1.32 for  
IUCA 16-009 a i r f o i l .  The systematic  decreas.e in the  numerical  value of 
k. with  rearward Kovement of  maximum-thickness location  Indicated  that 
the scheme of eetimating  pressure  distributions  could be extended t o  
the other a i r f o i l s  having sqmewhat different  thickness  dbtributions.  - 

Comparison of experhental  and estimated  effects of thickness 
distribution.-  The values of k determined i n  the  preceding  section 
were used in the proposed k t h o d -  t o  estimate  pres8u-e  distributions  at 
a Mach  number of 1.0 and zero lift for the  airfoils  having  thickness 
dbtr ibut ione  that   d i f fered f r o m  the W A  &A-series a i r fo i l s .  The e s t i -  
mated distributions  are compared with  experimental  values in figure 15. 
The symmetrical-airfoil  average  loading was used as in  f igure 12 t o  esti- 
mate %he pressure  distributibns - f o r  lift coefficients.-around 0.5 and are 
also presented in figure 15. A comparison of the estimated and experi- . 
mental  pressure  distributions and the  result ing moment coefficients 
indicates that the method provides  reasonably good agreement with 
experiment. 

. .  

Experimental Loadings on  Cambered Airfoils 

Effect of camber:- As previo-wly  stated,  the data available from 
the  present  investigat€on on cambered a i r f o i h  are limited to three  pro- 
f i l e s  having  variations in camber expreaaed in  terms of design l i f t  coef- 
f ic ien ts  of 0, 0.2,. and 0.5. Data near a Mach nzrmber of 1.0 only w i l l  
be dis.cussed. The flow past the three mACA &A-series profiles ,' having 
'Et thickness of 6 percent  but  differing in design l i f t   coe f f i c i en t ,  is 
shown in figure 16 a t  a Mach  number of  0.97 and lift coefficient of 
approximately 0.3, The major difference  appearing i n '  the  flaw- photographs 
on the upper surface  of  the models is that the shock is a l i t t l e   f a r t h e r  
forWard .for  the  symmetrical  profiles than for   the cambered profiles.  On 
the lower surface, however, the cambered profiles ha- two shocks. This 
multiple-shock apQearance is especially prominent on the   a i r foi l ,   cambred 
for  a design lift coefficient of 0-5. The forward shock shown on : this 
a i r foi l  can be explained on the basis of. observed floy changes. 

. .  
! 
I 
r 

I 

i 

I 

j 
! 

! 



.12 

I 

NACA HM L51I07 

A decrease in load  over  the forward par t  o f a n  a i r f o i l  occurs as 
the  Mach:number is increased above the   c r i t i ca l   va lue  because of a reduc- 
t i o n   i n  upwash.ahead o f  t he   a i r fo i l .  A reduction  in upwash is a t t r ibu-  
Wble   t o  a reduct-ion in  the  influence  of  the rearward parts of the air- 
f o i l  on the flow  near-  the  leading edge, since  . local  regions of.  super- 
sonic  flow impose l imitations on pressure  propagation  (reference 15). 
A symmetrical a i r f o i l  at an  angle  of..attack  experiences,  for  the  afore- 
mentioned reasons, a reduction  in  the aerodynamic angle of  attack  of  the 
leading edge with  increase  in Mach number. These flow conditions are 
favorable toward eliminating  separated flow  and  producing the  leading- 
edge shock'  formation oh the  sharp-leading-edge symmetrical a i r f o i l s  
described-in  reference 16. In the  present  case,  because of curvature 
of  the mean line  of  the  highly cambered a i r f o i l s  and the  moderately low 
angle of attack  ( l if t   coefficient-approximately 0 .3 ) ,  the leading-edge 
pa r t  of the   prof i le  undergoes  an  increase- in  negative aerodynamic angle 
of  attack  with  increase in-Mach number. The resul t ing flow changes pro- 
duce only sl ight ly   separated flow on the lower surface  of  the cambered 
prof.ile  bef0re.reattachmen-L  of f low and the accompanying shock  formation 
occur near the-  leading edge a s  the Mach number is increased. The shock 
formation at the  leading  edge of the  highly cambered a i r f o i l   i n  figure 16 
is therafore similar t o   t h e  leading-edge-flow phenomenon described  in 
reference 16. It also fol lows  that   th is  cambered a i r f o i l  would have 
large  negative  loadings  near  the leading edge, as are shown in  the  load 
dis t r ibut ions  ( f ig .  17). 

Figure 17 shows the  load  distribution  along  the chord for the  -three 
prof i les  a t  each  of several l i f t  coefficients and a t  a Mach nmber  of 

the   e f fec t  of  change i n  l i f t  coefficient.  The effect-  of  increase in 
camber is r e a d i l $  seen,  for any given lift coeff ic ient ,   to   came  reduct ion 
in   load near the  leading edge with a corresponding  increase  in  load  near 

. 0.9'7. In this  f igure  the  loading is expressed  only as AP, t o  magnify 

. t he   t r a i l i ng  edge. 

. Loadlngs due t o  lift on  cambered and  symmetrical a i r f o i l s  .- The 
rearward convergence of the  loadin@  (fig.  17) indicates  that   the 
symmetrical-airfoil  average  loading  previously  discussed  might be appli- 
cable   to   the cambered prof i les .  In order t o  check' this possibi l i ty ,   the  
increment i n  AP between curves for  each  of  the cambered prof i les  has 

. been divided  by  the  difference  in lift coefficients  for  the  curves.  This 

, l i f t  loading is expressed as dm - 1 and its variation  along  the chord 
*CZ 

a t  a Mach  number of 0.97 is shown in,figure 18. Some effects  of  the 
location  of  lower-surface  shocks on loads,  such aa are  occurring  near 
the 75-percent-chord s t a t ion  on the NACA 6 4 A 2 0 6  a i r f o i l  and around the 
10-percent-chord s t a t ion  on the NACA 64A506 a i r f o i l ,  are evident for 
these cambered sections.  The mador differences between the  loading due 
t o  angle  of  attack on the cambered prof i les  and the  average  loading  curve 

. 

I 
I 



derived from symmetrical*airfoils are a t t r i bu tab le   t o  lower-surf&ce 
shocks, a8 seen in the flow photographa.of figure 16. From these limited 
data it appears that the effects  o f ,  camber can be separated from angle- . 
of-attack  effects;  thue,  the  effects of caber, angle of attack, and 
thickness can t o  a first approximation be treated  separately at .  a Mach 
number of 1.0 as at both low subsonic Mach numbers and a t  supersonic 
Mach numbers. 

Scope of Method 

Three-dimensional flow. - It is naturally of considerable interest 
t o  see how:theee  two-dimensional data may be applied in a prac t ica l  
application which requires  three-dimensional flows. Unfortunately, very 
littG data are a v a i l d l e  whereby a camparison of two- and three- 
dimensional results may be made at Mach numbers near  unity. S e e  limited 
unpublished t ea t s  of a straight wing of mACA 63-110 prof i le  have been 
made in flight with the X-1 airplane at a Mach  number of L O .  These . . 

pressure-distribution- measurements, obtained a t  the midaemispan- s ta t ion,  - I  
are presented In figure 19 and compared with the aymmetrical a i r f o i l  
average  loading i n  a manner similar t o  the conpariaon in  figure 18. IR 
the low-lift-coefficient  range (0.37 t o  0.60), there is good agreement 
between the two- and three-dimensional data. In  the high-lif t-coefficient 
range (0.60 t o  0.76) the large sca t t e r  in the three-dimensional data 
indicates at best  only fair agreement. 

. .  

Mach number extens  ion. - I n a s m u c h  as the two-dfmensional resu l t s  
have been presented  to  give an estimate of loading  only a t  a”&ch number 
of  1.0 and the method of Rainey (reference 14) permits the  loading t o  
be  estimated  within  the detached-shock  range a t  Mach numbers around 1.6, 
the two methods offer a poss ib i l i t y  of examining means of estimating 
the loadings a t  intermediate Mach numbers. The method of Rainey is sham 
i n  reference 14 t o  be in good  agr-eement with the experimental pressure 
distributions on an NACA 65-009 a i r f o i l  at Mach numbers- between 1.6 and 
2.4. The experimental  loading a t  a Mach n m k r  of 1.6 and a loading 
computed by  Rainey’s method at Mach number 1.4 are compared fn figure 20 ! 
w i t h  the symmetrical-airfoil  average  loading  obtained at a Mach  number ! 
of 1.0. The results  indfcete that no large changes in  loading  occur 
between a Mach  number of 1.0 and 8 Mach  number of 1.6 and’ that inter-  
polation of loadin@ for  those  Intermediate Mach  numbers would be a 
re la t ive ly  simple process. 

I 

. .  

From tests on the NACA ~6-009 a f r f o i l  and on e ight   a i r fo i le  of the . 
NACA 6A ser ies ,   resul ts  have been-presented - 

.. 
I .. 

t o  show that the.  chordwise I . .  
I 
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. loading due t o  lift--at a Mach number of 1.0 is ins igni f icant ly   a f fec ted  
.~ by thickness  distribution  within  the range .of a i r f o i l  shapes  presented 

and only  s l ight ly   affected by thickness. In  add$tion, a method of  e s t i -  
mating  the  preasure  distributions  for  l if t ing  aymmetrical   airfoils a t  a 
Mach nmber of  1.0 which seem appl icable   to   prof i les  of the  type con- 
eidered  herein hae been  preaented.  Furthermore,  the  possibility is 
indicated  that  the ef fec t s  of camber, thiclmesa, and angle of a t t ack  
may be t reated  separately at a Mach  number of 1.0 E ~ B  they are at low 
subaonic Mach nmbers and a t .  supergonic Mach numbers. 

Langley  Aeronautical  Laboratory 
National  Advisory Committee for Aeronautics 

Langley  Field, Vs. 
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Figure  1. - Configuration of the Langley 4- by l9-inch semiopen tunnel. 
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Yodel '1 
2 '  1 0 1 
1 

Chords along center line of flat wall. 

(a) Chordwise Mach number  distribution. 

2 1 0 1 2 
Below Above 
Chords above and below model chord line -537 

(b) Mormal-to-chord Mach number  distribution. 

Figure 2.- Mach number  distribution in the Langley 4- by 19-inch semiopen 
tunnel. 
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Figure 3.- Continued. 
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(c) Camber variation. 

Figure 3.- Concluded. 
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(a) MACA 65-110. (b)  10-percent-thick  symmetrical 
CZ 1 0.4. wedge. cz  = 0.  

Figure 4.- Comparison of pmssure dlstributlon  obtained in Langley 4- by 
19-inch tlemlopea tunnel at M = 1.0 with t h e e  obtained by other 
methods. 
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(a) M = 0.82. T 
Figure 5.- Effect of thickneee on flow cz m 0.2. L-72670 
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(b) M = 0.91. 

Figure 5 .  - Continuea. 
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( c )  M = 1.0. 

Figure 5.-  Concluded. 
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Figure 6 . -  Effect of thickuess on the loading of MACA 64A-series 
synrmetrical profilea at  c z  = 0.2. 
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(a) M = 0.82; c1 2 0.23. v 
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Figure 7.- Flav past a ir fo i le  o f  different thickriees distribution. 



(b) M = 0.92; c1 F1: 0.12. 

Figure 7. - Continued. 
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( c )  M = 1.0; cZ 0.17. 

Figure 7.- Concluded. 
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Fig& 8.- Effect of thickness distribution on the loading of '9-percent- 
thick airfoils. 
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Figure 9.- Symmetrical-airfoil average loading at M = 1.0. 
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Figure 10.- Comparison of experiment with estimated preseure dietr ibut ion 
fo r  NACA 0006. a = 4'; M = 0.80. 
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Figure 11.- Comparison of the pressure  coefficients  at the  maximum- 
thickness location as predicted by the transonic similarity law 
with those obtained experimentally on the  XACA 64A-seriea symmet- 
rical airfoils. 
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Figure 12.- Effect of thickness on the zero-lift  pressure distribution 
of the NACA 6rcA-series profiles. 
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hated and experimental pressure distribu- 
tions with pure supersonic expamione. M C A  64Ao0g a l r f o i l  at  
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Figure 14.- Comparison of estimated ana experimental pressure distributions 
for three a i r f o i l s  differing only in maximum thickness. M = 1.0. 
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Figure 15.- Comparison of estimated and experimental pressure distributions 

for three airfoils differing i n  thickness distribution. bi = 1.0. 
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Flgure 16.- Flow past airfoil RE influenced by camber. M = 0.97; c, x 0.3. 
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Figure 17.- Load aistribution on cambered proflles a t  M = 0.97. 
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Figure 18.- Camparison of loading due t o  lift on 6-prcent-thick 
camberea EeCtiOUE with the synunetrlcal-airfoil average loading. 
M = 0.97. 



Figure 19.- Canparison o f  loading am t o  lifl on an NACA 65-110 wing 
section with the synmtetrlcal-airfoil average loaaing. M = 1.00. 
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Figure 20.- Effect .of change in Mach number on loading. 
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